Abstract STE-QUEST is a fundamental science mission which is considered for launch within the Cosmic Vision programme of the European Space Agency (ESA). Its main scientific objectives relate to probing various aspects of Einstein's theory of general relativity by measuring the gravitational red-shift of the earth, the moon and the sun as well as testing the weak equivalence principle to unprecedented accuracy. In order to perform the measurements, the system features a spacecraft equipped with two complex instruments, an atomic clock and an atom interferometer, a ground-segment encompassing several ground-terminals collocated with the best available ground atomic clocks, and clock comparison between space and ground via microwave and optical links. The baseline orbit is highly eccentric and exhibits strong variations of incident solar flux, which poses challenges for thermal and power subsystems in addition to the difficulties encountered by precise-orbit-determination at high altitudes. The mission assessment and definition phase (Phase-A) has recently been completed and this paper gives a concise overview over some system level results.
STE-QUEST aims to study the cornerstones of Einstein's Equivalence Principle (EEP), pushing the limits of measurement accuracy by several orders of magnitude compared to what is currently achievable in ground based experiments [2, 3] . On the one hand, experiments are performed to measure the gravitational redshift experienced by highly accurate clocks in the gravitational fields of earth or sun (Space Time Explorer). On the other hand, differential accelerations of microscopic quantum particles are measured to test the universality of free fall, also referred to as Weak Equivalence Principle (Quantum Equivalence Space Test). These measurements aim at finding possible deviations from predictions of General Relativity (GR), as postulated by many theories trying to combine GR with quantum theory. Examples include deviations predicted by string theory [4] , loop quantum gravity [5] , standard model extension [6] , anomalous spin-coupling [7] , and space-time-fluctuations [8] , among others. The STE-QUEST mission goal is summarized by the four primary science objectives [3] which are listed in Tab.1 together with the 4 measurement types geared at achieving them.
Mission Overview
The STE-QUEST mission is complex and comprises a space-segment as well as a ground segment, with both contributing to the science performance. Highly stable bi-directional microwave (X/Ka-band) and optical links (based on laser communication terminals) connect the two segments and allow precise time-andfrequency transfer. The space-segment encompasses the satellite, the two instruments, the science link equipment, and the precise orbit determination equipment. The ground-segment is composed of 3 ground terminals that are connected to highly accurate ground-clocks. In order to fulfil the mission objectives, various measurement types are used that are shown in Fig.1 . We shall briefly discuss them.
(a) (b) (c) (d) Fig. 1 A schematic of the 4 STE-QUEST measurement types as described in Tab.1
Measurement Types
Earth gravitational red-shift measurements: The frequency output of the on-board clock is compared to that of the ground clocks. In order to maximize the signal, i.e. the relativistic frequency offset between the two clocks, a Highly Elliptical Orbit (HEO) is chosen. When the spacecraft is close to earth during perigee passage, there are large frequency shifts of the space-clock due to the strong gravitational field. When it is far from earth during apogee passage, there are only small gravitational fields and therefore small frequency shifts. Whilst measurement type (a) compares the space-clock at apogee to the ground-clock, relying on space-clock accuracy, measurement type (b) compares the frequency variation of the space-clock over the elliptical orbit, which requires clock stability in addition to visibility of a ground terminal at perigee (see also section 2.3).
Sun gravitational red-shift measurements: The relativistic frequency offset between a pair of ground clocks is compared while the spacecraft merely serves as a link node between the ground clocks for a period of typically 5 to 7 hours, as described by measurement type (c). In that case, the accuracy of the space-clock is of minor importance whereas link stability and performance over a long period are essential. As this requirement is also hard to fulfil by the microwave links alone, the optical links play an important role. However, availability and performance of optical links are strongly affected by weather conditions which in turn depend on the location and altitude of the ground terminals.
Moon gravitational red-shift measurements: As in the preceding case, the relativistic frequency offset between a pair of ground clocks is compared while the spacecraft merely serves as a link node between the ground clocks. The potential signals for a violation of the EEP with the moon as the source mass can be easily distinguished from those with the sun as the source mass due to the difference in frequency and phase. It is important to point out that unless the EEP is violated the measured frequency difference between two distant ground clocks (due to the sun or the moon) is expected to be zero up to small tidal corrections and a constant offset term from the earth field [9] . Atom interferometer measurements: These measurements do not require contact to ground terminals but must be performed in close proximity to earth where the gravity gradients are large and the Eötvös parameter (see Eq.1 below) becomes small. The latter defines the magnitude of a possible violation of the weak equivalence principle (WEP), as required for mission objective 4. For this reason, the atom interferometer operates during perigee passage at altitudes below 3000 km, where gravity accelerations exceed 4.5 m/s 2 .
Payload
The STE-QUEST payload primarily consists of two instruments, the atomic clock and the atom interferometer, as well as equipment for the science links (microwave and optical) and for precise orbit determination (POD). Whilst a detailed description of the proposed payload elements is found in [2, 10, 9] , here we shall only give a brief overview over the payload as summarized in Table 2 . Note that some payload elements, such as the optical links and the onboard clock, may become optional in a future implementation of STE-QUEST, which is discussed in the official ESA assessment study report (yellow book) [9] .
The atomic clock is essentially a rebuilt of the high-precision PHARAO clock used in the ACES mission [11, 12] , with the additional provision of an optically derived microwave signal (MW) for superb short term stability which is generated by the MOLO. In PHARAO, a cloud of cold caesium atoms is prepared in a specific hyperfine state and launched across a vacuum tube. There, the cloud is interrogated by microwave radiation in two spatially separated Ramsey zones before state transition probabilities are obtained from fluorescence detection. Repeating the cycle while scanning the MW fields yields a Ramsey fringe pattern whose period scales inversely proportional to the flight time T between Ramsey interactions. In the MOLO, a reference laser is locked to an ultra-stable cavity, which provides superb short-term stability in addition to the long-term stability and accuracy obtained from PHARAO by locking the reference signal to the hyperfine transition of the caesium atoms. The reference laser output is frequency-shifted to correct for long term drifts and then fed to the femtosecond frequency comb [13, 14] to convert the signal from the optical to the microwave-domain. Core components of the MOLO, such as the highly stable cavity [15, 16, 17] , the frequency comb [18, 19] , and optical fibres [20] are currently being developed or tested in dedicated national programs. Additionally, other components of optical clocks have been investigated in the ongoing Space-Optical-Clock program (SOC) [21] of the European Space Agency.
The atom interferometer [22, 23] uses interference between matter waves to generate an interference pattern that depends on the external forces acting on the atoms under test. In order to reject unwanted external noise sources as much as possible, differential measurements are performed simultaneously with two isotopes of Rubidium atoms, namely 87 Rb and 85 Rb. The measured phases for both isotopes are subtracted to reveal any possible differences in acceleration under free fall conditions of the particles. This way, the common mode noise which is present on both signals is rejected to a high degree [24, 25] . In the proposed instrument [24, 25] a number of the order of 10 6 atoms of both isotopes are trapped and cooled by means of sophisticated magnetic traps in combination with laser cooling. Thus, the residual temperature and consequently the residual motion and expansion of the atomic clouds is reduced to the nK regime, where the cloud of individual atoms makes the transition to the Bose-Einstein condensed state. The atoms are then released from the trap into free fall before being prepared in superpositions of internal states and split into partial waves by pulses of lasers in a well defined time sequence. By using a sequence of 3 laser pulses separated by a period of 5 s, a Mach-Zehnder interferometer in space-time is formed. The distribution of the internal atomic states is then detected either by fluorescence spectroscopy or by absorption imaging. The distribution ratio of the internal atomic states provides the information about the phase shift which is proportional to the acceleration acting on the atoms. The Eötvös parameter η (see mission objective 4) depends on the ratio of inertial mass m i to gravitational mass m g for the two isotopes and can be found from the measured accelerations a as follows:
where subscript 1 refers to physical parameters of the first isotope ( 87 Rb) and subscript 2 to those of the second isotope ( 85 Rb).
The programmatics of European space atom interferometers, as proposed for STE-QUEST strongly builds on the different national and European-wide activities in this direction, in particular the Space Atom Interferometer (SAI) [26] and the nationally funded projects QUANTUS [27] and ICE [28] . In these activities innovative technologies are developed and tested in parabolic flights, drop tower campaigns and sounding rocket missions.
The science links comprise optical and microwave time & frequency links to compare the on-board clock with distributed ground clocks. Similarly, the links allow to compare distant ground clocks to one another using the on-board segment as a relay. The microwave link (MWL) is designed based on re-use and further development of existing MWL technology for the ACES mission [29, 30] , while implementing lessons learned from ACES. This applies to the flight segment and the ground terminals, as well as for science data post-processing issues down to the principles and concept for deploying and operating a network of ground terminals and associated ground clocks. Digital tracking loops with digital phase-time readout are used to avoid beat-note concepts. Different to ACES and given the highly eccentric orbit, Ka-band is used instead of Ku-band, X-band instead of S-band for ionosphere mitigation, and the modulation rate is changed from 100 MChip/s to 250 MChip/s. The MWL flight segment comprises four receive channels to simultaneously support comparisons with 3 ground terminals and on-board calibration.
The optical link baseline design relies on two TESAT Laser Communication Terminals (LCTs) [31] on-board the satellite, both referenced to the space-clock MOLO signal, and the ground LCTs to perform two time bi-directional comparisons. The LCTs operate at 1064 nm with a 5 W fiber laser, similar to the EDRS LCT [32] , and a 250 MHz RF modulation. A telescope aperture of 150 mm in space and 300 mm on ground was chosen. A preliminary performance estimate has been made by extrapolation from existing measurements with more detailed investigations following now in dedicated link studies. The optical links are found to be particularly sensitive to atmospheric disturbances and local weather conditions. These particularly affect common view comparisons between two ground terminals which are typically located in less favorable positions concerning local cloud coverage.
The Precise-Orbit-Determination (POD) equipment is required to determine the spacecraft position and velocity, which allows calculating theoretical predictions of the expected gravitational red-shifts and the relativistic Doppler, and compare them to the measured ones. Our studies found that a GNSS-receiver with a nadir-pointing antenna suffices to achieve the required accuracy [33] . Additional corner-cube reflectors to support laser ranging measurements, such as also used for the GIOVE-A satellite [34] , may optionally be included as a backup and for validation of GNSS-derived results.
Orbit and ground terminals
The baseline orbit is highly elliptical with a typical perigee altitude of 700 km and an apogee altitude of 50000 km, which maximizes gravity gradients between apogee and perigee in order to achieve mission objective 1 (earth gravitational red-shift).
The corresponding orbit period is 16h, leading to a 3:2 resonance of the ground track as depicted in Fig.2 left. Some useful orbit parameters are summarized in Tab. 3. Contrary to the old baseline orbit [35] , where the argument of perigee was drifting from the North to the South during the mission, the argument of perigee for the new baseline orbit is frozen in the South. Therefore, contact to the ground terminals located in the Northern hemisphere can only be established for altitudes higher than 6000 km, which considerably impairs the modulation measurements of the earth gravitational red-shift (measurement type b in Table1). On the pro side, for higher altitudes and in particular around apogee, common view links to several terminals and over many hours can be achieved which greatly benefits the sun gravitational red-shift measurements (type c). The baseline orbit also features a slight drift of the right-ascension of the ascending node (RAAN) due to the J 2 term of the non-spherical earth gravitational potential [36] , which leads to a total drift of approximately 30
• per year. This drift being quite small, the orbit can be considered as nearly-inertial during one year so that seasonal variations of the incident solar flux are expected (see also Fig.10 ).
The major advantage of the new baseline orbit over the old one is a greatly reduced ∆V for de-orbiting, which allows reducing the corresponding propellant mass from 190 kg to 60 kg. The reason for that is the evolution of the perigee altitude due to the 3-body interaction with the Sun and the Moon [36] . The perigee altitude starts low at around 700 km, goes through a maximum of around 2200 km at half time, and then drops back down below 700 km in the final phase, as depicted in Fig.2 right. The low altitude at the end of mission facilitates de-orbiting using the 6 x 22-N OCT thrusters during an apogee maneuver that is fully compliant with safety regulations.
The Ground segment comprises 3 ground terminals, each equipped with microwave antennas for X-and Ka-band communication as well as (optional) optical terminals based on the Laser Communication Terminals (LCT) of Tesat [31] . The terminals must be distributed over the earth surface with a required minimum separation of five thousand kilometers between them. This maximizes their relative potential difference in the gravitational field of the sun in pursuit of mission objective 2. Additionally, the terminals must be in the vicinity of high-performance ground clocks (distance < 100 km) to which they may be linked via a calibrated glassfibre network. This narrows the choice of terminal sites to the locations of leading institutes in the field of time-and frequency metrology. Factoring in future improvements in clock technology and design, those institutes are likely able to provide clocks with the required performance of a fractional frequency uncertainty on the order of 10 −18 ) at the start of the mission, considering that current clock performance comes already quite close to the requirement [37, 38, 39] . Accounting for all the aspects mentioned above, Boulder (USA), Torino (Italy), and Tokyo (Japan) were chosen as the baseline terminal locations.
Spacecraft Overview
The spacecraft has an octagonal shape with a diameter of 2.5 m and a height of 2.7. It consists of a payload module (PLM), accommodating the instruments as well as science link equipment, and a service module (SVM) for the spacecraft equipment and propellant tanks (see Fig. 3 ). The Laser Communication Terminals (LCTs) are accommodated towards the nadir end of opposite skew panels. The nadir panel (+z-face) accommodates a GNSS antenna and a pair of X-band/Ka-band antennas for the science links. The telemetry & tele-commanding (TT&C) X-band low gain and medium gain antennas are accommodated on y-panels of the service module. The two solar array wings are canted at 45
• with respect to the spacecraft y-faces and allow rotations around the y-axis. Radiators are primarily placed on the +x/-x faces of the spacecraft and good thermal conductivity between dissipating units and radiators is provided through the use of heat-pipes which are embedded in the instrument base-plates. A set of 2 x 4 reaction control thrusters (RCTs) for orbit maintenance and slew maneuvers after the perigee measurement phase is used as part of the chemical propulsion system (CPS) together with 1 x 6 Orbit Control thrusters (OCTs) for de-orbiting. The latter is becoming a stringent requirement for future mission designs to avoid uncontrolled growth of space debris and reduce the risk of potential collisions between debris and intact spacecraft [40, 41] . The Micro-Propulsion System (MPS) is based on GAIA heritage [42] and primarily used for attitude control, employing a set of 2x8 micro-proportional thrusters to this purpose. As primary sensors of the attitude and orbit control subsystem (AOCS), the spacecraft accommodates 3 star trackers, 1 inertial measurement unit (IMU), and 6 coarse sun sensors.
The payload module of Fig. 4 shows how the two instruments are accommodated in the well protected central region of the spacecraft, which places them close to the center-of-mass (CoM) and therefore minimizes rotational accelerations whilst also providing optimal shielding against the massive doses of radiation accumulated over the five years of mission duration. The PHARAO tube of the atomic clock is aligned with the y-axis. This arrangement minimizes the Coriolis force which acts on the cold atomic cloud propagating along the vacuum tube axis when the spacecraft performs rotations around the y-axis. These rotations allow preserving a nadir-pointing attitude of the spacecraft as required for most of the orbit (see also section 3.1). The sensitive axis of the atom interferometer must point in the direction of the external gravity gradient. It is therefore aligned with the z-axis (nadir) and suspended from the spacecraft middle plate into the structural cylinder of the service module which provides additional shielding against radiation and temperature variations. The total wet mass of the spacecraft with the launch adapter is approximately 2300 kg, including unit maturity margins and a 20% system margin. The total propellant mass (CPS+MPS) is 260 kg, out of which 60 kg are reserved for deorbiting. The total power dissipation for the spacecraft is 2230 W, including all required margins, if all instruments and payload units operate at full power. The spacecraft is designed to be compatible with all requirements (including launch mass, envelope, loads, and structural frequencies) for launch with a Soyuz-Fregat from the main ESA spaceport in Kourou.
Performance

Attitude and Orbit Control
The two instruments pose stringent requirements on attitude stability and nongravitational accelerations which drive the design of the attitude and orbit control system (AOCS) and the related spacecraft pointing strategy. To ensure full measurement performance, the atom interferometer requires non-gravitational center-of-mass accelerations to be below a level of 10 −6 m/s 2 . Among the external perturbations acting on the spacecraft and causing such accelerations, air drag is by far the dominant one. It scales proportional to the atmospheric density and therefore decreases with increasing altitudes. Figure 5 (left) displays the level of drag accelerations for various altitudes and under worst case assumptions, i.e. maximal level of solar activity and maximal cross section offered by the spacecraft along its trajectory. The results indicate that below altitudes of approximately 700 km drag accelerations become intolerably large. We conclude that, for the baseline orbit, drag forces are generally below the required maximum level and therefore need not be compensated with the on-board micro-propulsion system, although such an option is feasible in principle.
Another requirement is given by the maximal rotation rate of 10 −6 rad/s during perigee passage when sensitive atom interferometry experiments are performed. Figure 5 (right) plots the spacecraft rotation rate (black solid line) against the time for one entire orbit, assuming a nadir-pointing strategy. The plot demonstrates that the requirement (red broken line) would not only be violated by the fast rotation rates encountered at perigee, even for the comparatively slow dynamics at apogee the rotation rates would exceed the requirement by more than one order of magnitude. We therefore conclude that atom interferometer measurements are incompatible with a nadir-pointing strategy throughout the orbit, requiring the spacecraft to remain fully inertial during such experiments. Considering that atom interferometry is generally performed at altitudes below 3000 km, the following spacecraft pointing strategy was introduced for STE-QUEST (see Figure 6 ): -Perigee Passage: For altitudes below 3000 km, lasting about 1900 s each orbit, the atom interferometer is operating and the spacecraft remains inertial. The atom interferometer axis is aligned with nadir at perigee and rotated away from nadir by 64 degrees at 3000 km altitude (see Figure 6 ). The solar array driving mechanism is frozen to avoid additional micro-vibrations. -Transition into apogee: For altitudes between 3000 km and 7000 km, right after the perigee passage, the spacecraft rotates such that it is nadir pointed again (slew maneuver). The solar arrays are unfrozen and rotated into optimal view of the sun. -Apogee Passage: For altitudes above 7000 km the spacecraft is nadir pointed and rotational accelerations are generally much slower than during perigee passage. The solar array is allowed to rotate continuously for optimal alignment with the sun. Atom interferometer measurements are generally not performed. -Transition into perigee: For altitudes between 7000 km and 3000 km, right after the apogee passage, the spacecraft rotates such that it is aligned with nadir at perigee. The solar arrays are frozen.
During the science operations at perigee and apogee, the attitude control relies solely on the MPS. The slew maneuvers, i.e. 64
• pitch rotations, are performed by means of the CPS in 400 s at a rate of 0.26 deg/s. The CPS is also used to damp out residual rotational rates which are caused by solar array bending modes and fuel sloshing due to the fast maneuvers. When the perigee passage is entered, the MPS is activated to further attenuate the residual rate errors coming from the minimum impulse bit and sensor bias (ca. 10 −5 rad/s), which is shown in Fig.7b . Closed-loop simulations, based on a dynamical computer model of the spacecraft in-orbit and simulated AOCS equipment, demonstrated that the damping requires about 500 s. The complete transition, including maneuvers, lasts about 900 s. In order to mitigate the effects of external disturbances during the perigee passage, an AOCS closed-loop control has been designed that is based on cold-gas thrusters and includes roll-off filtering to suppress sensor noise while maintaining sufficient stability margins. This allows compensating external torques from drag forces, solar radiation pressure and the earth magnetic field (among others), yielding rotation rates well below the required 10 −6 rad/s after the initial damping time of approximately 160 s, as can be seen in in Fig.7b . The associated mean relative pointing error (RPE) is found to be smaller than 1 µrad in a 15 s time window corresponding to one experimental cycle. Note that the spacecraft rotation rates grow to intolerably large levels of several hundred µrad/s, if the spacecraft is freely floating without control loops to compensate the environmental torques (see Fig.7a ). For orbit maintenance and de-orbiting, use of the CPS is foreseen.
Micro-vibrations
The problems associated with micro-vibrations lie at the heart of two key trades for our current spacecraft configuration. One major cause of micro-vibrations are reaction wheels. To investigate the option of using them instead of the MPS for attitude control, extensive simulations were performed with a finite element model of the spacecraft which provided the transfer functions from the reaction wheels to the atom interferometer interface. Based on this model and available measurement data of low-noise reaction wheels (Bradford W18E), the level of micro-vibrations seen at instrument interface could be compared against the requirements. The results of the analyses are summarized in Fig. 8 left which clearly shows a violation of the requirement for frequencies above 20 Hz within the measurement band [1 mHz, 100 Hz]. The major contribution to the micro-vibrations comes from the H1 harmonic when the disturbance frequency corresponds to the wheel rotation rate up to the maximum wheel rate of 67 Hz. Further micro-vibrations are induced by the amplification of solar array flexible modes through the wheel rotation. The violation of the requirement for the maximum level of tolerable micro-vibrations when using reaction-wheels, as found from our simulations, lead us to use a micropropulsion system for attitude control in our baseline configuration.
Similar analyses were performed to determine the micro-vibrations induced by the solar array driving mechanism (SADM) on the MOLO interface, where a complex model of the SADM stepper motor together with the spacecraft finite-elementmodel (FEM) with deployed solar arrays was combined in a Matlab Simulink environment. The stepper motor generates two kinds of torque perturbations, one relating to the magnetic detent effect and the other relating to the commanded micro-stepping of the motor. One particular resonance of the spacecraft structural model, corresponding to a torsional mode of the solar arrays around their rotation axis (y-axis), was found to be the most critical one. When this resonance was hit by a harmonic disturbance originating from the detent torque of the solar arrays driving mechanism, the resulting response displayed a low-frequency isolated resonance peak at the excitation frequency of 1.3 Hz, with a few more peaks at higher frequencies due to harmonic excitation from the micro-stepping (see Fig. 8  right) . Restricting the solar array rotation rates to below 0.13 deg/s, the level of micro-vibrations is found to be fully compliant throughout the specified frequency range, as can be seen in figure 8 . Allowing for higher rates up to 0.08 deg/s, which are required to follow the fast spacecraft rotations with the solar array at low altitudes below 10000 km, we find that only one specific rotation rate at 0.044 deg/s leads to a violation of the requirement. However, this is easily mitigated by quickly moving over the resonance, therefore avoiding to rotate the solar arrays at this particular rate.
Science Links and Precise Orbit Determination
For earth gravitational red-shift measurements of type (a), the measured frequency shift of the space-clock with respect to a ground clock is compared to the predicted frequency-shift. In order to compute the theoretical prediction, it is necessary to know the precise position and velocity of the space-clock (and therefore the precise orbit), as both quantities enter the equation describing the de-phasing of the spaceclock proper time τ with respect to the coordinate time t, where the latter is referenced to an inertial earth-centered coordinate system. This dependence is expressed in Eq.2, which is derived from a post-Newtonian expansion to second order in 1/c [43] .
where U (x) denotes the gravitational potential, x the spacecraft position, and v its velocity. Note that the first term in brackets corresponds to the gravitational time dilation whereas the second term corresponds to the special relativistic time dilation.
Clock and link uncertainty: Considering only the gravitational time dilation, the frequency shift ∆ν between a space clock at apogee and a ground clock may then be written as ∆ν/ν = [U (r re ) − U (r ap )]/c 2 = 6.2 × 10 −10 , where r re and r ap are the earth radius and the radial distance to apogee, respectively. It follows that the space-clock and the science links must have a fractional frequency uncertainty of better than 10 −16 to allow measuring the gravitational red-shift of the earth to the specified accuracy. From similar deliberations one finds that the ground clock and science link performance must be even better, on the order of 10 −18 , to measure the gravitational red-shift of the sun to the specified accuracy. This requires very long contact times between the spacecraft and ground terminals, on the order of 2 × 10 5 s, which is only achieved after integration over many orbits. The above requirements can be directly translated into the required stability for the link, expressed in modified Allan deviation [44] , and into the frequency uncertainty for a space-to-ground or ground-to-ground comparison. A detailed performance error budget was established to assess all contributions to potential instabilities. For the microwave links we found that, provided the challenging requirements for high thermal stability are met, the ACES design with the suggested improvements can meet the specifications. The assessment of the optical links showed that a significantly better performance than the state-of-the-art is required. A major issue for further investigation is the validity of extrapolating noise power spectral densities over long integration times in presence of atmospheric turbulence, which is required for comparing the estimated link performance to the specified link performance expressed in modified Allan deviation.
Orbit uncertainty: As the fractional frequency uncertainty is specified to be around 10 −16 for the space-clock, a target value of 3 × 10 −17 for the orbit uncertainty does not compromise the overall measurement accuracy. Although preliminarily a constant target value of 2 m in position and 0.2 mm/s in velocity accuracy has been derived in [3] , these values can be significantly relaxed at apogee [33] . A final analysis will have to build on a relativistic framework for clock comparison as outlined in [43] . Fig. 9 The highly eccentric STE-QUEST orbit (solid line) and a GPS reference orbit (broken line). The orbit sections, where GNSS satellites may be tracked with sufficient accuracy, are plotted in green.
GNSS Tracking:
The proposed method of Precise Orbit Determination (POD) relies on tracking GPS and Galileo satellites with a GNSS receiver supporting all available modulation schemes, e.g. BPSK5, BPSK10 and MBOC [45] , and an antenna accommodated on the nadir panel. Considering that GNSS satellites broadcast their signal towards the earth and not into space, they become increasingly difficult to track at altitudes above their constellation (20200 km altitude), when the spacecraft can only receive signals from GNSS satellites behind the earth. In order to increase the angular range of signal reception, the receiver is required to support signal side-lobe tracking. This way, a good signal visibility for six hours during each orbit and for altitudes up to 34400 km can be achieved, with a corresponding PVT (position-velocity-time) error of 1.7 m at 1 Hz output rate [33] . The transition maneuvers split the visibility region (green arch in Fig. 9 ) into separate segments, which must be considered separately in the orbit determination. For both regions we find orbit errors less than 10 cm in position and less than 0.2 mm/s in velocity. Extrapolation of the spacecraft trajectory from the end of the visibility arch as far as apogee introduces large orbit errors (∼ 10 m) due to large uncertainties in parameters describing the solar radiation pressure. Nonetheless, these errors are sufficiently small to achieve the specified frequency uncertainty for the space-clock measurement if one considers the arguments for relativistic clock comparison derived in [43] . A brief discussion of the possibility to relax the STE-QUEST orbit accuracy close to apogee is also given in [33] .
Finally, it shall be pointed out, that the accuracies obtained from GNSS-based POD are sufficient to probe the flyby anomaly, an inexplicable momentum transfer which has been observed for several spacecraft careening around the earth. These investigations can be performed without further modifications to the baseline hardware or mission concept, as described in Ref. [46] .
Spacecraft subsystem design aspects
The major focus of the assessment study was to define preliminary designs of the spacecraft subsystems in compliance with all mission requirements. To this end, key aspects such as pointing strategy of spacecraft and solar arrays, variability of solar flux and temperature stability, measurement performance and pointing stability, instrument accommodation and radiative shielding, and launcher specifications, among others, must be reflected in the custom-tailored design features. Additional provisions for ease of access during integration and support of groundbased instrument testing on spacecraft level are also important considerations. As we intend to give a concise overview in this paper, we will limit our discussion on a few distinctive design features.
Thermal control subsystem (TCS) :
The STE-QUEST payload dissipates a large amount of power which may total up to more than 1.7 kW (including maturity and system margins) if all payload equipment is active. This represents a major challenge for the thermal system which can only be met through dedicated heat-pipes transporting the heat from the protected accommodation region in the spacecraft center to the radiator panels. Also problematic is the fact that the baseline orbit is not sun-synchronous and features a drift of the right-ascension of the ascending node (RAAN), which leads to seasonally strongly variable thermal fluxes incident on the spacecraft from all sides. This is mitigated by optimal placement of the radiators in combination with a seasonal yaw-rotation by 180
• to minimize the variability of the external flux on the main radiators. The variation of the thermal flux during the 6 years of mission is plotted in Fig.10 (left) . The time when the largest temperature fluctuations occur during one orbit, defined as the maximum temperature swing, is close to the start of the mission and coincides with the time of the longest eclipse period. The additional use of heaters in proximity to the various payload units allows us to achieve temperature fluctuations of the payload units of less than ±2
• C, whilst average operating points consistently lie within the required range from 10
• C to 30 • C. During periods when only a minimum of solar flux is absorbed by the spacecraft, e.g. cold case of Fig.10 , the heaters of the thermal control system may additionally contribute up to 150 W to the power dissipation. These results were found on the basis of a detailed thermal model of the spacecraft implemented with ESATAN-TMS, a standard European thermal analysis tool for space systems [47] .
Electrical Subsystem & Communications: Similar to the TCS, the design of the electrical subsystem is driven by the highly variable orbit featuring a large number of eclipses (more than 1800 during the mission with a maximum period of 66 minutes), the high power demand of the instruments, and the satellite pointing strategy in addition to the required stability of the spacecraft power bus. In order to meet the power requirements, two deployable solar arrays at a cant angle of 45 degrees are rotated around the spacecraft y-axis. This configuration, in combination with two yaw-flips per year, ensures a minimum solar flux of approximately 1 kW/m 2 on the solar panels (see Fig.10 right), which generates a total power of 2.4 kW, including margins. The option of using a 2-axis SADM has also been investigated in detail and could be easily implemented. However, it is currently considered too risky as such mechanisms have not yet been developed and qualified in Europe and they might cause problems in relation to micro-vibrations. As far as telemetry and tele-commanding (TT&C) is concerned, contact times to a Northern ground station (Cebreros) are close to 15 h per day on average for the baseline orbit, which is easily compliant with the required minimum of 2 h per day. This provides plenty of margin to download an estimated 4.4 Gbit of data using a switched medium gain antenna (MGA) and low gain antenna (LGA) X-band architecture which is based on heritage from the LISA Pathfinder mission [48] . The switched TT&C architecture allows achieving the required data volume at apogee on the one hand, whilst avoiding excessive power flux at perigee to remain compliant with ITU regulations on the other hand.
Mechanical subsystem, assembly integration and test (AIT) and radiation aspects: The spacecraft structure is made almost entirely from panels with an aluminum honeycomb structure (thickness 40 mm) and carbon-fibre reinforced polymer (CFRP) face sheets, which is favorable from a mechanical and mass-savings perspective. A detailed analysis based on a finite-element-model (FEM) of the spacecraft structure revealed a minimum eigenfrequency of 24 Hz in transverse and 56 Hz in axial direction, well above the launcher requirements of 15 Hz and 35 Hz, respectively. The first eigenmode of the atom interferometer physics package, corresponding to a pendulum mode in radial direction, was found at 67 Hz. The spacecraft structure is designed to optimize AIT and aspects of parallel integration. To this end, the two instruments can be integrated and tested separately before being joined on payload module level without the need to subsequently remove any unit or harness connection. The heat-pipe routing through the spacecraft structure allows functional testing of both instruments on ground by operating the heat-pipes either in nominal mode or re-flux mode (opposite to the direction of gravity). As an important feature in the integration process, payload and service module components are completely separated in their respective modules up to the last integration step, when they are finally joined and their respective harness connected on easily accessible interface brackets.
The second major aspect in structural design and instrument accommodation has been to minimize radiation doses of sensitive instrument components. As the spacecraft crosses the van Allen belt twice per orbit and more than 5000 times during the mission, it sustains large radiation doses from trapped electrons and solar protons. Dedicated design provisions and protected harness routing ensure that the total ionizing doses (TIDs) are below 30 krad for all instrument units and below 5 krad for the sensitive optical fibres. The non-ionizing energy loss, which is primarily caused by low-energy protons, is found to be well below 2 × 10 10 m −2 , expressed in terms of 10 MeV equivalent proton fluence. These results were obtained from the total dose curves accumulated over the orbit during the mission in combination with a dedicated sectoring analysis performed with a finiteelement-model of the spacecraft.
Conclusions
STE-QUEST aims to probe the foundations of Einstein's Equivalence Principle by performing measurements to test its three cornerstones, i.e. the local positioninvariance, the local Lorentz-invariance and the weak equivalence principle, in a combined mission. It complements other missions which were devised to explore the realm of gravity in different ways, including the soon-to-be-launched ACES [11] and MICROSCOPE [49] missions and the proposed STEP [50] mission.
The STE-QUEST measurements are supported by two instruments. The first instrument, the atomic clock, benefits from extensive heritage from the ACES mission [11] , which therefore reduces associated implementation risks. The other instrument, the atom interferometer, would be the first instrument of this type in space and poses a major challenge which is currently met by dedicated development and qualification programs. The mission assessment activities summarized in this paper yielded a spacecraft and mission design that is compliant with the challenging demands made by the payload on performance and resources.
Several critical issues have been identified, including low maturity of certain payload components, potential unavailability of sufficiently accurate ground clocks, high sensitivity of the optical links to atmospheric distortions and associated performance degradation, and high energy dissipation of the instruments in addition to challenging temperature stability requirements. However, none of these problems seems unsurmountable, and appropriate mitigation actions are already in place.
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